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SUMMARY

An analytical evaluation of cryogenic propellant tank insulations for liquid oxygen/liquid
hydrogen low-thrust 2224N (500 1bf) propulsion systems (LTPS) was conducted. Insula-
tions, consisting of combinations of foam and multilayer insulation (MLID), as well as MLI-
only, were investigated. The purpose of the study was to analytically assess the benefits
of a combined foam/MLI system relative to MLI alone and develop an experimental
technology development plan for a combined MLI/foam propellant tank insulation system
concept.

Helium-purged MLI with no foam substrate was selected as the baseline insulation
concept. The MLI/foam combination insulations studied were purged with nitrogen.

Thermal analysis models of three baseline LTPS conceptual designs were developed to
predict heat leak into the propellant tanks during ground-hold, launch, and orbital mission
phases. The three LTPS studied were designed for shuttle orbiter launch and packaged
pa/ylog.d densities of 56 kg/m3 (3.5 Ibm/Ft 3), 40 kg/m3 (2.5 Ibm/Ft3) and 24 kg/m3 (1.5 Ib
m/Ft2).

Heat leak information generated by the thermal analysis models was used to evaluate the
influence of tank insulation design variables on LTPS and payload size and mass. The
insulation design variables studied included were; 1) foam and MLI thickness, 2) foam/MLI
interface temperature, 3) purge gas, 4) foam material and 5) purge enclosure heat transfer
environment during prelaunch operations. Insulation designs which maximized payload
mass were identified.

It was found that LTPS payload mass could be increased by replacing He-purged MLI with
MLI/foam combination insulations. Enhanced convection heat transfer in the purge
enclosure was required during purging to achieve the desired MLI/foam interface
temperature with a minimum thickness of foam. Purging with N3 rather than He reduced
tank heat leak during ground hold. Boiloff losses were therefore reduced and the
effective propellant density was increased due to a lower rate of boiling. Optimum
insulation thickness depended on payload density and whether or not foam was used.
Typically, He-purged MLI thickness ranged from 2.3 to 5.1 cm (0.91 to 2.0 in.). Optimum
MLI/foam insulations ranged from 3.3 to 5.8 cm (1.3 to 2.3 in.). In evaluating the effect
of MLI/foam interface temperature on payload mass, the lowest temperature considered
(1449K (~1009F)) gave the highest mass. Of the two foam materials studied, the
adhesively bonded Rohacell 31 was preferred over spray-on BX 250A due to its lower
density.

A preliminary test plan, conceptual test hardware designs and cost estimates for an
experimental program were developed. The objectives of the experimental program are
to measure the performance of foam-plus-MLI cryogenic insulation and to verify the
analysis of Task I. The plan provides for testing a one-half scale liquid hydrogen tank in
an existing vacuum chamber facility. The foam-plus-MLI system and, for comparison
purposes, a MLI-only system would be tested separately. Each test would simulate the
pressure and temperature environment of a complete STS ground hold, launch, ascent, and
orbit. The cost of the 24-month program was estimated as just over two million 1982
dollars. Possible variations on the plan and their effect on costs were briefly investi-
gated.






1.0 INTRODUCTION

This report describes a study of propellant tank insulations for cryogenic low-thrust
propulsion systems (LTPS). The work was performed for the National Aeronautics and
Space Administration Lewis Research Center (NASA LeRC) under contract NAS3-22824.

A 12 month technical effort was conducted to analyze multilayer insulations (MLI) and
MLI/foam combination insulations for application to LH3 and LO2 tanks on low thrust
propulsion systems launched from the Space Transportation System (STS) or Space Shuttle
as it is more commonly known. Insulation therma! performance, weight, volume and
impact on payload delivery to geosynchronous Earth orbit (GEO) were predicted and an
experimental plan to determine the thermal performance of combined MLI/foam insula-
tions was developed.

NASA and DOD studies have forecast the need for low-thrust chemical orbit-to-orbit
propulsion systems to transport acceleration-sensitive large space structures (LSS) from
low Earth to geosynchronous orbit. These propulsion systems will likely utilize the
cryogenic propellants liquid hydrogen and oxygen, thus requiring high performance
insulation systems to minimize propellant losses due to environmental heating.

MLI combines the advantages of low weight and excellent on-orbit thermal performance.
Disadvantages of MLI are high pre-launch heating rates and the complexity of a helium
purge system which is required to preclude the condensation and solidification of water
vapor and air within the MLI blankets. The high pre-launch heating rates for MLI cause
not only high vent rates, but also yield lower-density propellants due to the boiling of the
cryogenic liquids, and thus the requirement for larger volume tanks. The use of foam as
an insulating material eliminates the need for a helium purge system and greatly reduces
the pre-launch heating rates. However, foam has unacceptable on-orbit thermal
performance for the multi-day missions anticipated for the low-thrust chemical propulsion
systems.

NASA's current technology program is focused on LTPS/LSS combinations which will
utilize a single Space Shuttle launch for transport to low Earth orbit. Shuttle constraints
add two additional considerations to the selection criteria for LTPS cryogenic propellant
tank insulation systems: 1)some LSS have such low densities when packaged within the
Shuttle cargo bay that the total LTPS/LSS payload is volume-limited so that emphasis on
minimizing the LTPS weight is not warranted, 2) purging of a LTPS cryogenic tank MLI
system within the confines of the Shuttle cargo bay adds the complexity of warm purge
requirements for other occupants of the cargo bay which cannot tolerate a low
temperature environment.

The work described in this report provides an analytical evaluation of cryogenic tank
insulaton systems which combine MLI with a foam substrate. The purpose of the study
was to: 1) select combined insulation systems which encompass the advantages of each
insulation component and 2) assess the combined systems' relative benefits as compared to
MLI alone and, 3) plan further technology development for combination insulations for
cryogenic propellant tanks. Although the results are generally applicable to any STS-
transportable tankage, the study was restricted to the consideration of low-thrust
propulsion systems. These systems were assumed to employ a single 2224 N (500 lbg) LO>
and LHjy rocket engine in all cases. Specific impulse, at a 6:1 mixture ratio, was set at
4560 N-sec/kg (465 seconds). The LTPS and its LSS payload were assumed to form a



single STS Orbiter payload. Size and mass of the combined LTPS/LSS were restricted by
the Orbiter cargo bay volume and the STS payload placement capability. In developing
mission timelines for the study, it was assumed that LTPS/LSS erection, deployment and
checkout in the Orbiter cargo bay would require slightly less than 43 hours of mission
time. The LSS payload was assumed to be transported to GEO in the fully deployed
configuration.

1.1 STUDY OBJECTIVES
The objectives of this study were to:

a. Analyze and compare MLI and MLI/foam insulations for LTPS propellant tanks on
the basis of mass, volume, payload placement capability and vehicle complexity.

b. Plan an experimental program to measure the thermal performance of MLI/foam
insulations applied to cryogenic propellant tanks and verify thermal performance
prediction.

These study objectives were established to provide NASA LeRC with benefit/cost
information for planning insulation technology development programs for future low-
thrust propulsion systems and similar STS-transportable cryogenic tankage.

1.2 STUDY SCOPE

This study consisted of 3 technical tasks. The objective of Task I was to perform a
preliminary analysis to predict the thermal performance of candidate LHy and LO3
propellant tank insulations and evaluate the potential benefits of MLI/foam insulation.
The effect of foam substrates on propellant vent losses, and the density of tanked
propellants prior to launch, were determined. Combined MLI/foam insulations were
compared with MLI only. Comparisons were made on the basis of LTPS operational
complexity and on LTPS volume, mass and payload placement capability.

In Task I, 9 sets of propellant tank insulation designs were investigated. They consisted of
one design in which MLI was used to insulate both the LH, and LO2 tanks, 2 designs in
which MLI was used for the LO5 tank and MLI/foam used for the LHp tank and 6 designs
in which MLI/foam was applied to both tanks. Two foam materials were studied:
BX 250A, manufactured by the Stepan Chemical Company of the U.S.A.; and Rohacell 31,
manufactured by Rohm-GMBH Chemische Fabrik Company of Germany.

The insulations were assumed to be applied to the propellant tanks of a single baseline
LTPS design. The LTPS design selected for the Task| studies was a Boeing-developed
expendable orbit transfer vehicle (OTV) which is described in Reference 1. The OTV was
modified by replacing its RL10-1IB engines with a 2224 N (500 Ibg) thrust engine and
reducing tank size. A single large space structure (LSS) payload and mission were
selected for the Task I studies. Thermal analysis models of the STS Orbiter cargo bay,
payload, LTPS, propellant tanks and insulation candidates were developed and LH7 and
LO, tank heat leaks predicted for the 9 insulation candidates. Heat leak predictions
covered the entire mission, from ground-hold through payload separation at GEO and
insertion of the LTPS into a disposal orbit.

The results of the Task I thermal analyses were used to select 3 sets of MLI/foam
candidate insulation designs for further detailed analysis in Task II. A fourth insulation



design, MLI only, was also included in the Task II studies as a baseline concept,
‘representing current state-of-the-art. The objective of Task Il was to compare the
operational complexity, volume, mass and payload delivery capability of LTPS point
designs. Designs incorporating MLI-insulated tanks were compared with designs in which
combined MLI/foam insulations were used. For each of the LTPS point designs developed,
propellant tank insulation systems were optimized for maximum payload placement
capability.

During ground-hold operations, the MLI in the MLI/foam combinations was assumed to be
purged with Np. The 3 MLI/foam insulation combinations were designed for 3 tempera-
ture levels at the foam-MLI interface during ground hold purging. The interface
temperatures selected were slightly above the moisture dew point level in 3 grades of
commercially available N2. The baseline MLI was assumed to be purged with dry helium.

Three LTPS designs were considered in the Task II insulation studies. Each design was
developed for a sjpeciﬁc packaged payload density. The 3 densities selected were
56 kg/m3, 40 kg/m3 and 24 kg/m3 (3.5 Ibm/ft3, 2.5 Ibm/ft3 and 1.5 Ibm/ft3). Packaged-
payload density is defined as the mass of the payload divided by its volume in the stowed
configuration for launch in the STS Orbiter cargo bay.

Detailed thermal analyses similar to those performed in Task I were conducted for the 3
LTPS designs. The LSS payload defined in Task I was used in the Task II thermal analysis
models. Parametric thermal performance, mass and dimensional (thickness) data was
generated for the 4 insulation designs, as applied to each of the 3 LTPS. In addition,
parametric data was developed relating LTPS size and mass to propellant tank volume,
pressure and overall external length (including insulation). The parametric insulation and
LTPS data was incorporated into two payload prediction computer programs, TRADE and
TRADE2. These programs, described in detail in section 5, were developed to predict
the maximum LTPS payload for each insulation design. The predictions were used to
determine the insulation designs that optimized LTPS payload mass. The two programs
differed only in the assumed thermal environment in the purge enclosure during ground-
hold operations. The purge enclosure is an enclosed volume surrounding an insulated
propellant tank and is filled with purge gas. Typically a purge enclosure is formed by a
loosely fitting bag of plastic film (e.g., Kapton) fastened around the insulated tank. The
two thermal environments considered in the computer programs represented the two
extremes of the range of conditions that could occur in a purge enclosure. In one extreme
there would be no appreciable flow of gas in the enclosure and heat transfer between the
purge enclosure surface and outer layer of tank MLI would be by natural convection and
radiation. In the other extreme, forced, or enhanced, convection heat transfer between
warm purge gas and the cool MLI would dominate and the temperature of the outer layer
of the MLI would be at that of the purge gas. The assumed purge enclosure thermal
environment was an important consideration because it was found to have a profound
effect on tank insulation design and its impact on LTPS payload. Further discussions of
the effect of purge enclosure thermal environment on insulation design and performance
are contained in sections 4.2.1 and 5.5.

In Task Ill, a calorimetric test program was designed and planned to experimentally
evaluate the thermal performance of an insulated LH» tank. The specific objectives of
this effort were to: 1) identify the test variables and determine the range of variation of
each needed to evaluate insulation performance and verify thermal performance predic-
tions; 2) define instrumentation requirements; 3) develop preliminary test hardware



designs; 4) develop a test plan and schedule, and 5) estimate test program cost. The
insulation test program developed in Task IIl employed a % scale "boilerplate” aluminum
ellipsoidal dome LH; tank. The tank was approximately 209.6 cm (82.5 in) in diameter and
185.2 cm (72.9 in) in length.

Two tests were specified. The first test would be performed with the tank insulated with
helium-purged MLI. The results of this test would provide a comparison baseline for the
second test in which the tank would be insulated with a N2-purged MLI/foam insulation.
Testing would simulate a mission timeline including ground-hold purging, ascent, the
Orbiter bay doors-open condition, and free flight. Orbital average thermal environments
would be imposed on the exterior of the insulated tank by temperature controlled panels
surrounding the test article. Thermal performance of the insulation would be determined
by measuring LH2 boiloff and venting during each mission phase. Temperature sensors
mounted on the test article would allow the determination of specific heat leaks through
insulation, supports, lines, and electrical feed-throughs.

A 24 month program was identified with actual testing occurring in the 17th and 20th
months. Test program costs were broken down by major task, subtask and included labor
and nonlabor cost estimates. The total predicted cost for the test program, in 1982
dollars, was slightly more than 2 million dollars.

1.3 REPORT ORGANIZATION '

Study details are presented in the following sections of this report. Section 2 covers
specification and selection of candidate insulation materials. This section describes the
thermophysical properties of foam insulations, briefly discusses processes for the applica-
tion of foams to cryogenic tanks and describes foam substrate insulation conceptual
designs. Multilayer insulation is also discussed in section 2. Specific topics covered are
multilayer insulation design, insulation properties and venting characteristics.

Section 3 describes the LTPS conceptual designs developed to evaluate propellant tank
insulations. Design groundrules and assumptions are summarized and the LTPS mission is
then described. The technical approach followed in developing the LTPS conceptual
designs for Task I and Task II studies is described. Then, in the following two subsections,
the Task I and Task II LTPS design details are presented.

Section 4 covers the preliminary thermal analyses and prediction of propellant tank
thermal loads. The first topic in this section is the approach followed in developing
thermal analysis models. Then the predicted performance of insulations is presented.
Following the discussion of insulation performance, predicted heat leaks through insula-
tion penetration and tank supports are presented and discussed.

Section 5 describes the Task II tank insulation system optimization. Groundrules and
assumptions are described and the optimization approach is presented. Then, the
computer program developed to predict the impact of insulation thickness and type on
LTPS payload mass and size is briefly described. Parametric LTPS design data used in the
computer programs are described and the results of the insulation optimization study are
presented and discussed.

Section 6 describes a plan for an experimental program to measure the performance of
MLI and MLI/foam insulation systems and verify insulation performance prediction



models. Topics covered in this section include the recommended experimental approach,
a description of the experiment, preliminary designs of experimental hardware, cost
estimates, program schedule and recommendations and alternative approaches.






2.0 INSULATION CONCEPTS

This section describes the LTPS propellants tank insulation concepts selected in Task I of
this study. As described in the preceeding section, two basic generic types of insulation
were investigated. One generic type studied was multilayer insulation consisting of
alternating layers of metallized Kapton (polyimide) film and Dacron net spacers. This
insulation has been used as a cryogenic tank insulation for over 20 years. It was selected
as the baseline insulation because it is low-risk and is well-characterized. When used to
insulate cryogenic propellant tanks, MLI must be purged of all gases that would liquify or
freeze at liquid hydrogen or liquid oxygen temperatures. Helium is normally used for
purging because;

a. it can be easily purified to eliminate contaminants

b. its condensation temperature at sea level pressure is well below the temperature of
liquid hydrogen (219K (-422° F) ) and liquid oxygen (920K (-29490 F) and

c. it has a high mass diffusivity and readily diffuses through the MLI.

An important disadvantage of using helium as a purge gas is its relatively high thermal
conductivity. This characteristic of helium causes high heat leaks into the propellants
during fill and hold operations on the ground. Large heat leaks are undesirable because:

a. Boiling occurs, and the presence of bubbles in the liquid propellant reduces its
effective density. A lower density reduces the amount of useable liquid propellant
that can be placed in a given volume of tankage.

b. After liquid replenishment is terminated, vaporized propellant must be vented and is
therefore lost. The tanks must be oversized to allow for this boiloff.

C. More reserve propellant must be loaded to account for boiloff losses during a
contingency hold that could occur in the countdown following termination of tank
replenishment. In the event this hold does not occur the extra propellant is
essentially inert weight.

d. Tank self-pressurization is more rapid during prelaunch and launch vent lockup.
Higher ullage pressures require heavier tanks.

The second generic type of insulation evaluated in this study consisted of a combination of
closed-cell foam and MLI. The foam covers the exterior of the tank and the MLI attached
over it. The presence of the foam between the MLI and tank wall raises the minimum
temperature of the MLI during ground hold purging. Therefore, nitrogen gas can be used
to purge both the hydrogen and oxygen tank MLI blankets. The principal advantage of
using nitrogen rather than helium is that its thermal conductivity is one sixth that of
helium. Hence, ground-hold heat leak is diminished. The thicknesses of the foam and MLI
can be selected to give the desired interface temperature during purging operations. The
performance gain achieved through the use of foam/MLI combinations is countered by the
greater density of the foam which increases the overall insulation system mass.

In the selection of candidate insulation concepts, the objective was to identify and
characterize foam insulations which could be combined with nitrogen-purged MLI to form
an alternative to conventional helium-purged MLI for propellant tank insulation. Follow-
ing a literature survey and discussions with industry and government experts, two
candidate foams were selected, one applied by spraying, and the other applied by adhesive
bonding. These materials are described in detail in the following section (section 2.1). In
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addition, a single MLI design was selected for use as the helium-purged insulation as well
as for the nitrogen-purged insulation in combination with foam. Construction and
performance details of the selected MLI design are summarized in section 2.2.

Initially, 9 sets of candidate insulations (each set consisting of a LH2 and a LO2 tank
insulation design) were studied. These candidate insulations are summarized in Table 2-1.
They consist of 8 sets using foam/MLI combinations of varying thicknesses and one set in
which only MLI was used with helium purging. In the case of foam/MLI combinations, 4
MLI thicknesses were selected, ranging from 1.40 cm to 2.72 cm. Foam thicknesses were
chosen for each tank to provide foam/MLI interface temperature ranging from 830K ( -
3119F) (for the LH7 tank only) to a maximum of 2440K (-20°F). Two foam materials
were studied, BX250A and Rohacel! 31.

Following the Task I thermal analysis of the 9 candidate insulations, 5 insulation designs
were selected for further study in Task II. Helium-purged MLI was retained as the
baseline insulation representing state-of-the-art technology. The other 4 insulation
designs selected for further study were foam/MLI combinations. Rohacell 31 was chosen
as the foam material for three of the insulations because its density is less than that of
BX250 A and it has essentially the same thermal conductivity and specific heat. One
foam/MLI combination incorporating BX250A was retained for the Task II study so the
relative benefits of the 2 foams could be compared for optimized insulation designs.

Instead of specifying MLI thickness, in Task Il it was decided to specify foam/MLI
interface temperature for each design. This decision was prompted by the fact that the
water content of the Ny purge gas determined the minimum temperature it could be
allowed to reach during purging. Hence, the dew point of the Ny purge gas determined
the foam/MLI interface temperature, since it was assumed no condensation would be
allowed in the MLI. Table 2-2 summarizes the water vapor content and dew point
temperature of 3 grades of N2. The N2 used to purge the STS cargo bay has a moisture
content of 140 parts per million and a dew point of 238°K (-319F). Water content in
higher purity N7 ranges from less than 16 parts per million to less than 5 for 99.998% pure
gas. However, even for the 99.998 pure gas, the dew point is between 2000K and 2110¥
(- 10QOF and -80°F).

Three values of foam/MLI interface temperature were specified, based on the dew point
data summarized in Table 2-2. The two highest interface temperatures were approxi-
mately equal to the dew points of orbiter cargo bay purge gas and the 99.998% purity N2.
A third, lower temperature, was chosen so the benefit of incorporating a thin layer of
foam into the insulation design could be determined. In this case, the interface
temperature would probably be below the dew point and a small amount of ice could occur
on the MLI layers nearest the foam. The amount of ice and its effect on MLI vacuum
performance would have to be determined experimentally. The presence of ice would
raise the emissivity of the radiation shields and would also raise the intersticial pressure
in the MLI during space operations.

The interface temperatures chosen for the three foam/MLI candidate insulations were,
2440K (-200F), 2000K (-100°F) and 1449K (-2000F). Table 2-3 summarizes the insulation
designs that were selected for Task Il optimization studies. The helium-purged MLI and
Rohacell 31/MLI combinations were applied to all three LTPS/payload designs. The
BX250A/MLI insulation was a;})plied only to the LTPS designed for a packaged payload
density of 40kg/m> (2.5 Ibm/ft?).
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Moisture content

Source ..
(parts/million)

Dew point, K (°F)

Nitrogen gas used for STS payload 140
compartment during ground hold

Available from gas suppliers D
99.995 % purity 10.5t0 16
99.998 % purity 1.5to <5

238 (-31)

217 to 219 {-70 to -65)
200 to 211 {-100 to -80)

vV

Reference: "‘Spacelab Payload Accomodation Handbook”, Document No. SLP/2104, June 1977

Suppliers contacted: ARCO Industrial Gases and Linde Division, Union Carbide Corporation

Table 2-2: Moisture Content and Dew Point of N, Purge Gas Candidates
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The following sections describe the details of the insulations evaluated in this study.
Foams are discussed in section 2.1 which covers physical and thermal properties,
application to tankage and foam insulation design. Section 2.2 describes the MLI design
selected for this study, MLI properties and venting performance.

2.1 FOAM INSULATION
Two foam insulations were selected for detailed analysis in this study. These foams were:

a. Rohacell 31
b. BX250A

The principal difference between these foams is application technique. Rohacell 31 is cut
and preformed from sheet stock and bonded to the insulated surface. BX250A is applied
by mixing and spraying the liquid foam material onto the insulated surface. Foaming and
curing occurs after the material is applied. Physical and thermal properties of the two
materials are similar.

A literature survey was conducted at the beginning of the study to evaluate and select
candidate foams. The primary considerations in selecting candidates were:

a. low thermal conductivity at temperatures ranging from liquid hydrogen temperature
to room temperature

b. low density

C. low specific heat

d. demonstrated capacity to withstand multiple thermal cycling between cryogenic and
room temperature without failing, cracking or debonding from the insulated surface

e. low flammability in accordance with NASA Handbook 1700.7a for materials used on
STS Orbiter payloads

f. availability of measured and documented properties and performance data.

Reference 2 reported the results of an experimental study which examined the feasibility
of applying 12 foam materials to liquid hydrogen tanks. Three foams from this study were
initially selected for further evaluation as potential insulations for LTPS propellant tanks.
These foams were Rohacell 31, BX250A and CPR 488. All three materials had low
thermal conductivity, low density and were demonstrated to perform satisfactorily as
cryogenic insulations. In addition, BX250A and CPR 488 are currently used as the
insulation on the STS launch system external tank. Hence, the performance, properties
and application processes for these foams are well documented. However, CPR 438 is
protected as a proprietary material and obtaining information on it was difficult.

Since both BX250A and Rohacell 31 have properties comparable to CPR 488, it was
decided to eliminate CPR 488 as a candidate foam.

2.1.1 Properties of Foam Insulations
Physical and thermal property information for the two candidate foams were obtained

from data supplied by the manufacturers and from the literature. The foams are
manufactured by the following companies:



a. BX250A - Stepan Chemical Co.
USA

b. Rohacell 31 - ROHM-GMBH
Chemische Fabrik Co.,
Germany

Table 2-4 presents the room temperature densities of Rohacell 31, BX250A and CPR 488
foams and shows the basic material from which the insulations are formed. BX250A can
be seen to have essentially the same density as CPR 488 while Rohacell 31 is about 16%
lighter.

Thermal conductivities of Rohacell 31 and BX250A are plotted as a function of
temperature in Figure 2-1. The information shown is based on test measurements. The
Rockwell International data for Rohacell 31 agrees fairly well with the maufacturer's data
for three versions of the foam. The straight line, labeled Rohacell (Baseline), was used as
an approximate representation of this data.

An apparent discontinuity can be seen to exist in the plotted data for BX250A. The sharp
increase in thermal conductivity between 280°K and 200°K is possibly due to condensation
of freon propellant and gases in the closed cells of the foam. Freon, is used to propel the
liquid foam material in the spraying process, and becomes entrapped in the insulation as it
foams.

Specific heat of Rohacell 31 and BX250A are plotted as a function of temperature in
Figure 2-2. Both foams have almost identical values of specific heat at temperatures
below 1809K (-1360F). Above this temperature, Rohacell 31 specific heat is slightly
higher than that of BX250A.

2.1.2 Foam Insulation Application

Foam insulation is applied directly to the propellant tank outer surface. In the case of
BX250A, the insulation would be sprayed onto the prepared surface under closely
controlled conditions. Surface preparation processes including cleaning, degreasing and
etching have been developed by NASA and Martin Marietta Corp. for the application of
spray-on foams to 2219 aluminum tanks. Spray process specifications have also been
developed to control application variables, including temperature, humidity, application
rate and amount of overlap on each spray pass. Care must be taken in application and
cure to ensure uniformity of foam properties (density and thermal conductivity) as well as
thickness.

Rohacell 31 is available from the manufacture in sheets. A range of thicknesses, are
available from 0.254 cm (0.1 inches) to more than a 2.54 cm (1.0 inch). Application of this
foam to propellant tanks would be accomplished in 3 steps. First the sheet stock would be
cut to the desired shape. Then the pieces would be fit to the contour of the tank by heat
forming and then adhesively bonded to the prepared surface. An adhesive manufactured
by the Crest Chemical Company of Texas has been found by Boeing to provide the
required bond strength at cryogenic temperatures. In test, this adhesive was found to
maintain bond integrity under repeated temperature cycling. The insulation would be held
against the tank during adhesive cure by vacuum bagging. In this technique, a flexible,
leak tight plastic film is placed over the insulated area and taped down to seal off any
leakage. The enclosure between the insulation and film is then evacuated and atmos-
pheric pressure on the outside of the film forces the insulation against the tank.

15
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Density

Foam Material Manufacturer 3 3
Kg/m b /ft
Rohacell 31 Polymethacrylimide RéHM, GMBN, Germany 30 1.9
Stepan Foam BX250A Polyurethane Stepan Chemical Company 37 2.3
CPR 488 Polymetric Isocyanate The Upjohn Company 36 23

Table 24: Candidate Foam Materials




TYPE DATA

BTU W SOURCE
Hr-f#t°F m.K
0.050 A BX 250A BELL AEROSPACE
ROHACELL 31 ROCKWELL INTERNATIONAL
ROHACELL 71 |
i I ROHACELL 51 } MANUFACTURER
ROHACELL 31
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0.020 |
0.030 }-
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0.010
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Figure 2-1: Foam Thermal Conductivity Characteristics
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2.1.3 Foam Insulation Design

As shown in Figure 2-3, foam insulation is placed between the propellant tank wall and
the MLI. A gas-impervious barrier film is bonded over the outside of the foam. This film
serves two purposes. First, it entraps volatile materials in the foam that could otherwise
escape into the MLI and degrade its vacuum performance. Second, it keeps the N2 purge
gas from direct contact with the foam. In the case of the LHj tank, if there were no
barrier, the No purge gas would liquify in any cracks or seams in the foam. This process
would increase the ground-hold heat leak into the LH2 tank and the entrapped N2 would
be a gas source which would degrade MLI performance in space.

Candidate barrier materials are:

a. Aluminized Kapton
b. Aluminum foil - Kapton laminate
c. Aluminum foil - polyester laminate.

A low temperature adhesive such as Crest adhesive would be used to bond the barrier to
the foam. Adhesive bonding, or heat sealing in the case of the aluminum foil-polyester
laminate, would be used to achieve a vacuum seal on the seams of the barrier.

{
The foam insulation around tank mounting supports would have to allow for movement of
the support struts. This movement arises froms

a. thermal contraction and expansion of the tank and supports,
b. tank pressurization and,
c. vibration due to dynamic launch loads.

One possible design concept for foam insulation at support struts would be to form a
barrier film sleeve around a portion of the strut. Inside the sleeve, the strut would be
insulated with a layer of foam. The foam on the strut and tank wall would be cut away so
they could not interfere under maximum movement of the strut. The length of the
insulated sleeve and the thickness of insulation would be determined by the requirement
that the purge gas not condense on the exterior of the barrier. The sleeve would be
pleated near its attachment to the tanks insulation barrier to allow for movement of the
strut.

2.2 MULTILAYER INSULATION

The MLI design selected for this study consisted of alternating layers of double
aluminized Kapton (DAK), and Dacron net spacers. The outer layer of MLI was a laminate
of Dacron scrim and double-aluminized Kapton.

This design was selected because:

a. it is state-of-the-art,

b. it has been flown and tested extensively as a cryogenic insulation,

c. its performance is well documented, and

d. test-validated equations have been developed to characterize its performance.

Kapton was selected over Mylar as the radiation shield material because Kapton meets
the flammability requirements of NASA Handbook 1700.7a and Mylar does not. Metalliza-
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tion of both sides of the shields is desired to minimize layer-to-layer energy transfer. For
the shields to be opaque, a metal deposit at least 600 to 800 Angstroms thick is required.

The Kapton shields were assumed to be metallized with vapor-deposited aluminum rather
than gold. Although optical characteristics and durability of gold produce superior
shields, aluminized surfaces can be obtained with performance characteristics rivaling
those of gold at a substantially reduced cost. At cryogenic temperatures, for example,
the emittance of aluminized Kapton is 0.02 versus 0.01 for goldized Kapton. Anti-
oxidation coatings have been developed by metallized film manufacturers which provide
environmental protection for aluminized shields with little affect on reflectivity. Care
must be taken in handling aluminized shields however because, unlike goldized surfaces,
the metal layer can fracture if the film is crinkled. Fracturing causes the effective
emissivity of the shield to increase.

Dacron net was selected for the shield spacer material because:

a. It is environmentally inert as shown in Reference 3 and does not outgas appreciably
when exposed to vacuum.

b. It offers low resistance to gas flow and diffusion during MLI purging and venting.

C. It maintains positive separation of radiation shields in the presence of gravity and
launch loads.

d. Performance predictions for MLI with Dacron net spacers are based on a large
volume of experience and should be more accurate than predictions for other MLI
designs.

2.2.1 Multilayer Insulation Design
Specific design features of the MLI selected for this study were the following:

a. Inner radiation shields - 0.0076 mm (0.00033 in.) thick double-aluminized Kapton.

b.  Outer layer - laminated 0.025 mm (0.00! in.) thick double-aluminized Kapton and
Dacron scrim.

c. Spacers - Dacron net.
d. Number of radiation shields per unit of insulation thickness - 24 shields/cm (60
shields/in.).
Blanket thickness control - nylon pins and buttons.
Method of attachment - Velcro tabs.
Installation configuration - two separate blanket layers. Gores and polar caps on
ellipsoidal domes, peripheral blankets around cylindrical surfaces and preformed
gores on toroidal tanks. Figure 2-4 shows a typical insulation blanket configuration
for ellipsoidal tanks. Adjacent blanket segments would be butted together with
sufficient space provided for purge gas egress. Inner and outer blanket joints would
be staggered.

h. Purging - removal of condensible gases from MLI blankets would be accomplished by
diffusing either helium (Hg) or nitrogen (N) between radiation shields in both inner
and outer blankets. Purge gas would be introduced into the blankets by small
perforated tubes penetrating all but the outer most shield of each blanket. These
tubes or purge pins, would be centrally located in each blanket segment or gore, and
the purge gas would diffuse toward the blanket edges where it would escape to the
purge enclosure. This enclosure is a volume around the outside of the insulated tank
that is filled with purge gas. For the LTPS configuration considered in this study, it
was assumed the purge enclosure would be formed by the outer body shell of the
LTPS. A reinforced Kapton membrane on each end of the body shell, would

m o
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complete the enclosure. Purge gas would exit from the enclosure through holes
provided in the Kapton closeouts and through leakage paths in the body shell.

2.2.2 Insulation Properties

Physical and thermal properties of MLI used in this study were based on Boeing expenence
as well as published data. The density of the MLI blankets, was assumed to be 35.1 kg/m
(2.19 1bm/ft3). This value included the 0.0076 mm thick inner shields, Dacron spacers,
0.025 mm thick Kapton outer layers and all hardware (pins, buttons, etc.,) as well as
Velcro attachment tabs.

MLI blanket specific heat was assumed to be 1.09 J/g-OK (0.26 BTU/Ibm-OR) in this study.
This value is an average of the specific heats of Kapton and Dacron at 2740K.

The thermal conductivity of MLI is dependent on temperature, the number of radiation
shields per unit thickness and intersticial gas species and pressure. In addition, thickness
control hardware, seams and penetrations degrade the effective thermal conductivity of
the installed insulation. Figure 2-5 shows the predicted vacuum performance of installed
MLI used in this study to model propellant tank heat leak. Thermal conductivity is plotted
as a function of insulation outer surface temperature for MLI installed on LH7 and LO>
tanks. This data is for interstitial gas pressure less than 10-7 torr. For pressures above
this value, the conductivity of the gas influences the effective thermal conductivity of
the MLI. Figure 2-6 shows the effect of interstitial gas pressure on heat flux through 3.8
cm thick MLI blankets on LH7 and LO2 tanks. At atmospheric pressures, during ground-
hold purging, the effective thermal conductivity through the MLI was essentially that of
the purge gas. The gas velocity between blanket radiation shields was assumed to be so
small that convective effects could be neglected. The equations used to predict insulation
performance in Figures 2-5 and 2-6 are summarized in Figure 4-9 of section 4.0 of this
report.

2.2.3 MLI Venting

MLI internal pressure decay, upon exposure to external vacuum conditions, is dependent
on blanket design and installation, materials, entrapped gas species and the degree of
cleanliness maintained during blanket construction, storage and handling. In this study, a
pressure decay model was developed for the propellant tank insulation. This model was
used to predict the MLI interstitial pressure following launch and depressurization of the
Orbiter cargo bay.

Effective MLI thermal conductivity during blanket venting could then be calculated, once
the interstitial pressure history was established.

The MLI pressure decay model used in this study was developed under a Boeing IR&D
program. The model was correlated with test data and compared with published MLI
venting measurements. Figure 2-7 shows comparison of model predictions and test results
from Reference 4. Differential pressure in Figure 2-7 is the difference between MLI
interstitial pressure and the pressure of the local external environment. The measured
Orbiter cargo bay depressurization rate is sufficiently slow that the difference between
MLI predicted interstitial pressure and the cargo bay pressure is small. Hence, to a good
approximation, the interstitial pressure could have been represented by the pressure in the
Orbiter cargo bay.
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Figure 2-5: Predicted Vacuum Performance of Installed ML/
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© DATA POINTS FROM “THERMAL PERFORMANCE OF
s MULTILAYER INSULATIONS™, CR 134477, CONTRACT
NAS3-14377, 1974 (SPECIMEN NOQO. 19)
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Figure 2-7: Comparison of Predicted and Measured Differential Pressure Across Venting ML/



3.0 LTPS CONCEPTUAL DESIGNS

This section describes the low-thrust propulsion system designs developed to support Tasks
I and II. These designs were used to determine the impact of propellant tank insulation
options on LTPS payload delivery capability. Design data was developed in sufficient
detail to allow the benefits and costs of foam/MLI combinations to be compared with
those of MLI only. In order to accomplish this objective, the following LTPS design
information was developed:

a. Configuration - general shape and physical arrangement of major subsystem
elements

b. Size - overall envelope dimensions and the dimensions of major subsystem elements

c. Mass - total system mass and the masses of tanks, structure, engine, avionics,
insulation, propellant and miscellaneous inert elements and consumables.

d. Materials - materials of construction for major subsystems including structure,
tanks, insulation, tank supports, and thermal control coatings.

The objectives of preparing this design information were to:

a. Provide the data needed to develop thermal analysis models of LTPS propellant
tanks. These models were used to predict tank heat leak and the resulting loss of
useable propellants during the LTPS mission.

b. Provide mass and size data which, along with propellant loss, was used to predict
LTPS payload delivery capability.

c. Provide parametric mass and size data to be used in the TRADE and TRADE2
computer models to predict optimum insulation designs. (A detailed discussion of
these two computer models is presented in section 5.0.)

In Task I of this study, a single LTPS point design was defined. The design was based on
the expendable, STS Orbiter-launched OTV developed by Boeing under contract NAS8-
33532, "Orbital Transfer Vehicle Concept Definition Study", Reference 1. This particular
design was selected for the Task I study because:

a. It was defined to the level of detail needed to accomplish the Task I thermal
analyses and initial insulation performance assessments.

b. It satisfied all the requirements for an LTPS designed for a 56 kg/m3 payload
density.

c. It required minimal modification (replacing the 66720 N (15,000 Ibf) thrust engine
with a 2224 N (500 Ibf) thrust engine) to convert it to a low thrust system.

d. It incorporated the results of detailed structural, environmental and STS interface

studies.

e. A detailed mass statement (including airborne support equipment (ASE) and consum-
ables) and performance model were available.

f. Schedule time and costs were reduced by using an established design.

Details of the Task I LTPS point design are presented in section 3.4.

In Task II, 3 LTPS designs were developed. Each design was developed for a specific value
of pay%oad packaging density. The 3 values of payload density were 56 kg/m3 (3.5
Ibm/£13), 40 kg/m3 (2.5 1bm/1t3) and 24 kg/m3 (1.5 Ibm/ft3). The LTPS designed for the

56 l<g/m3 payload density incorporated tandem ellipsoidal dome propellant tanks. This
tank shape and arrangement were chosen because:
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a. The high payload density caused the LTPS and payload size to be limited by the STS
Orbiter payload launch mass capacity rather than the cargo bay length. Hence there
was no need to use a more compact tank arrangement.

b.  Ellipsoidal dome tanks are structurally efficient and are therefore lighter in weight
than the alternative tank shapes.

The 2 LTPS designed for the 40 kg/m3 and 24 kg/m3 payload densities employed toroidal
LO5 tanks. This tank shape shortened the length of the LTPS. The reduction in length
was accomplished by nesting the rocket engine in the center of the torus. By shortening
the LTPS for the less-dense payload applications, it was possible to increase the payload
mass delivered to GEO. This increase was possible because the Orbiter cargo bay length,
rather than the total LTPS/payload launch mass, constrained the weight of the LTPS
payload.

The 3 point designs developed for Task Il served as baselines, or starting points, for the
sizing of LTPS for each of the propellant tank insulation concepts studied. These point
designs established the materials, configurations, and physical arrangement of all the
LTPS versions studied. Thermal analysis models were built for the 3 point designs and
propellant tank heat fluxes were predicted for a range of insulation thicknesses. In
addition to heat flux predictions, the point designs also provided parametric data used to
calculate the masses of resized LTPS in the insulation optimization studies.

The following sections describe the LTPS conceptual designs developed for this study.
Groundrules and assumptions adopted for developing the LTPS point designs to support the
Task I thermal analyses and the Task II insulation optimization studies are presented in
section 3.1. Section 3.2 summarizes LTPS design requirements and section 3.3 briefly
describes the technical approach followed in establishing the LTPS point designs. Section
3.4 describes the LTPS design developed to evaluate tank insulation concepts in Task L.
The 3 LTPS conceptual designs developed for the Task Il optimization studies are
described in section 3.5.

3.1 GROUNDRULES AND ASSUMPTIONS

A number of groundrules and assumptions were established prior to developing LTPS
conceptual designs. The following applied to both Task I and Task II LTPS designs:

a. Mission
1. Launch in STS Orbiter
2. Maximum STS Orbiter payload launch mass of 29,484 kg (65,000 Ibm).
3. Payload delivery to GEO

4. Replenishment of liquid propellant to the tanks terminated 4 minutes prior to
liftoff.

5. A 5 minute countdown hold could occur after termination of tank replenish-
ment. If the hold were to exceed 5 minutes, the countdown would be set back
and tank replenishment resumed.

6. Propellant tank venting would cease at liftoff and resume after 90 seconds.



7.  LTPS/payload erection, deployment and checkout would require 43 hours.
8.  The spent LTPS would be transferred to a disposal orbit (GEO + 1852 km) by
two main engine burns.
9. Attitude control required during coast as well as powered flight.
Payload
1.  The Harris hoop column Land Mobile Satellite System (LMSS), described in
Reference 5 was used as the payload configuration for all LTPS designs
considered. The impact of deployed payload configuration on propellant tank
insulation performance was assumed to be minor. The deployed payload
configuration was used in:
(@) determining reaction control system (RCS) propellant and main engine
thrust vector control (TVC) requirements during orbit transfer.
(b) modeling the thermal environment of the LTPS during deployment and
checkout while attached to the Orbiter and during orbit transfer.
2. Payload densities_in the stowed configuration for Orbiter launch were
56 kg/m3, 40 kg/m3 and 24 kg/m3.
Interfaces
1. The LTPS interface with the erecting ASE mechanism was at a ring on the aft
end of the body shell. The erecting ASE was located just forward of the cargo
bay aft bulkhead.
2. The erecting ASE structure and clearance space consumed the following
amount of Orbiter cargo bay length:
LTPS CONCEPT ASE LENGTH
(a) Tandem ellipsoidal tanks 244 cm (95.9 in.)
(b) Toroidal LOX tank 102 cm (40.1 in.)
The assumed dimensions and shapes of the ASE system used in this study are
shown as dashed lines in Figures 3-9, 3-10 and 3-11 of this report.
3. A volume 134 cm in length directly aft of the cargo bay forward bulkhead was
reserved for stowage of two manned maneuvering units (MMU's).
4, The maximum diameter of the LTPS and stowed payload was 427 cm. This

diameter allowed for a clearance of 15cm between the LTPS/payload and
Orbiter bulkheads.

Propulsion System Performance

L.

Main engine thrust was 2224 N (500 lbg).
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2. Oxidizer-to-fuel ratio was 6:1.
3.  Specific impulse was 4560 N sec/kg (465 sec).
e. Environment

1. The launch environment was as defined in Reference 6, "Space Shuttle System
Payloads Accommodation," JSC 07700, Vol XIV Revision F.

2. Solar heat flux was 1352 W/m2.
3. Earth average radiosity was 221 W/m2,
4.  Earth average albedo factor was 0.36.

5. STS Orbiter cargo bay depressurization characteristics based on modified
STS-III flight measurements. Figure 4-2 in section 4.0 of this report shows
measured cargo bay history during the first 300 seconds of the STS-III launch
and the estimated curve used to extend the pressure decay to longer range
times. The Saturn V ascent pressure profile is included for reference.

The following groundrule pertained only to the Task I LTPS:

a. The elapsed time from completion of orbit transfer to payload release and
separation was 24 hours.

The following groundrule pertained only to the three Task II LTPS point designs:

a. The elapsed time from completion of orbit transfer to payload release and
separation was 14 hours. This coast period was reduced from the 24 hours assumed
for the Task I mission timeline because it was felt that all final deployment and
vernier burns could be completed in a shorter amount of time by optimal phasing at
the beginning of transfer.

3.2 LTPS MISSION

This section describes three aspects of the LTPS mission established prior to the
development of conceptual designs. The three topics addressed are:

a. Payload
b. Orbit Transfer
C. Mission Timelines

In section 3.1 Groundrules and Assumptions, it was stated that a single payload
configuration was selected for all LTPS missions considered. However, the mass and
packaged density of the payload were assumed to vary.

The selection of a representative payload configuration was necessary to determine the
size of the RCS propellant tanks and to determine the additional main impulse propellant
required for TVC during powered flight. A payload configuration was also needed to
define the radiative thermal environment imposed on the LTPS during LTPS/payload



erection and deployment from the Orbiter cargo bay and during orbit transfer. LTPS
thermal environment models, described in section 4.3, included the effect of payload
shadowing, reflections, and emitted energy.

Figure 3-1 shows the LMSS chosen as the LTPS payload configuration. This design,
develoned by Harris Engineering, incorporates a deployable structure and is packaged with
the LTPS for a single STS launch. Further details on this proposed satellite design are
contained in Reference 5. When deployed, the LMSS mast is 92.2m in length and the
parabolic antenna disk 122.2m in diameter. The mass baseline LMSS is 4689 kg. This
mass and the resulting inertias, were used in calculating RCS and TVC propellant
requirements and in determining the optimum number of engine burns for orbit transfer.
It was assumed that the results of this mission optimization were valid for all other
payload masses considered.

The packaged LMSS is shown in Figure 3-2. Its package length for stowage in the Orbiter
cargo bay is 9.8m. Cargo bay volume occupied by the packaged LMSS, assuming a
maximum diameter of 4.47m, is 154m3 . For the baseline mass of 4689 kg, the packaged
density of the LMSS is 30.5 kg/m3.

Figure 3-3 shows the LMSS and LTPS in the erected position in the Orbiter cargo bay.
Checkout of both the payload and LTPS would be accomplished with the systems in this
configuration.

Mass and inertial characteristics of the combined LTPS/LMSS are summarized in Figure
3-4 for start of orbit transfer (LEO) and end of transfer (GEO). The values of mass and
inertia shown were used in the determination of RCS and TVC propellant requirements
and optimization of main engine firings for orbit transfer. Projected areas shown were
used in calculating solar pressure and aerodynamic drag.

An orbit-transfer mission analysis was conducted to determine the optimum number of
main engine firings. The objective of the analysis was to minimize the total main
impulse, TVC and RCS propellants required for transfer. The optimum number of engine
firings for maximum payload delivery was needed to estimate the elapsed time required
for orbit transfer; the more firings, the longer the transfer time. Since the total
propellant vent loss due to heat leak was dependent on mission time, the orbit transfer
time affected tank insulation design trades. Therefore, a realistic transfer time was
required for the subsequent insulation performance predictions and payload optimization
studies. The effect of number of engine restarts and trip time on system reliability and
radiation protection requirements for electronics, solar cells, etc., was not included in the
analysis.

A LEO to GEO orbit-transfer optimization model developed by J. V. Breakwell (Refer-
ence 7) was used to predict trip times and total main impulse propellants required for
transfers of 6, 8, and 16 engine firings. TVC and RCS propellant requirements were
predicted for each case, using the LMSS/LTPS inertial and mass properties summarized in
Figure 3-4. It was assumed that TVC was required for yaw and pitch control during main
engine burn, when the LMSS/LTPS was within 30° of perigee. Roll control during main
engine burn and three axis control during coast were assumed to be accomplished by the
RCS. It was also assumed the RCS employed 133.4 N thrusters with a specific impulse of
1618 N-sec/kg. Pointing accuracy was set at 10 and the minimum impulse bit for limit
cycle calculations was 20 msec. Disturbance torques were calculated for aerodynamic

forces, solar pressure and gravity gradient forces. In calculating aerodynamic torques it.

was assumed the LMSS drag coefficient was 3.0. Solar pressure predictions were based on
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an assumed reflectivity of 1.0. Maximum gravity gradient orientation in pitch and yaw
was 20 degrees.

Table 3-1 summarizes the results of the orbit-transfer mission analysis. It can be seen
that the 16 perigee burn transfer required the least total propellant mass. A propellant
mass savings of 313 kg was predicted in going from 8 to 16 perigee burns. However, trip
time increased by 26.3 hours. Since the impact of reliability and additional shielding were
not included in the analysis, a complete evaluation of the benefits of a 16 burn mission
could not be made. It was therefore decided to adopt the & burn transfer for LTPS design
and thermal analysis. It was found in the subsequent thermal analyses, that the propellant
boiloff rate due to insulation heat leak during orbit transfer was less than 2.27 kg/hr for
most cases studied. Hence, trip time did not have a strong influence on total propellant
vent loss in orbit and therefore did not have a major affect on insulation design. For
example, the total propellant vented during a 29 hour transfer would be approximately
66 kg as opposed to 125 kg for a 55 hour transfer. The additional 59 kg of propellant vent
loss would decrease payload mass by approximately 26 kg.

Mission timelines were developed to support the Task ! and Task II LTPS design and
analysis efforts. One objective of establishing these timelines was to define the time
spent in each unique thermal environment of the LTPS mission. There were essentially
three thermal environments imposed on the LTPS; they were 1) ground hold, 2) STS
Orbiter bay, and 3) free flight orbit transfer. The second objective of establishing mission
timelines was to define the operational sequences which influenced propellant tank
insulation design trades. Specifically, there were two timeline events of primary
importance. One was the amount of time elapsed between termination of liquid
replenishment to propellant tanks and MLI evacuation following launch. The second
timeline event was the amount of time the propellant tank vent lines were locked up
during launch.

Tables 3-2 and 3-3 summarize the mission timelines developed for Task I and Task II
studies. They are almost identical with the exception of the elapsed time from
completion of orbit transfer to payload release. In the Task I timeline this period was
24 hours while in the Task Il timeline it was 14 hours. The time between arrival at GEO
and payload release was shortened in Task II because it was determined that the period
between the circularization burn and payload separation could be reduced by optimal
phasing at the beginning of the transfer in LEO.

Mission parameters for the LEO to GEO transfer are presented in Table 3-4. This table
summarizes the velocity increments for each engine firing and shows the apogees and
perigees of the transfer orbits. Total velocity increment for the entire LTPS mission
following Orbiter separation was 4751.1 m/sec. The data shown in Table 3-4 was used in
the Boeing performance and mission simulation program, PMSP, to predict LTPS payload
delivery capabilty.

3.3 LTPS CONCEPTUAL DESIGN APPROACH

The preceding sections described the information established prior to the development of
LTPS conceptual designs. This information consisted of groundrules and assumptions,
interfaces, environments and mission requirements. A brief summary of the procedure
followed in the development of LTPS conceptual designs for the Task I and Task I studies
is presented in this section.
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Orbit Hours Velocity Altitude, km (mi)
Transfer After Increment
Event Launch m/s {ft/sec) Perigee Apogee
Orbiter Separation 50 3.1 (10.2) 222 (138) 222 (138)
Periges Bumn No. 1 51 277.4 (910.1) 222 (138) 1031  (640)
2 62.7 292.0 (957.8) 472 {293) 2066 (1283)
3 64.5 309.8 (1016.1) 663 (412) 3430 (2131)
4 66.7 330.9 (1084.4) 845 (525) 5292 (3287)
5 689.3 356.2 (1168.3) 1024 (636) 7971 (4952)
8 72.4 386.5 (1267.7) 1206 (749) 1213+ (7536)
7 768.8 4234 (1388.8) 1390 (863) 19419 (12083)
8 86.6 469.1 (1538.6) 1579 (981) 35389 (21984)
GEO Circulatization Bum 87.2 17420 (5713.9) - 35863 (22279)
Orbit Trim and Unioad Payioad 103 106.7 (350.0) - -
Burn to Disposal Orbit 103 + 287 (94.1) 35883 (22279) 37715 (23429)
Disposal Orbit Circularization 118 284 (93.2) - 37715 (23429)

Table 34: Task 1l Orbit Transfer Parameters




Figure 3-5 shows the principal steps of the design development process. Input data
included, in addition to the system requirements, initial LTPS design concepts. These
concepts were developed from preliminary modeling estimates of LTPS performance and
simplified orbit mechanics.

Four computer analysis programs were used to support the design process. These analysis
programs were:

a. OPERA - thermal radiation environment prediction. (Appendix A)
b. RADSIM - radiation interchange factor calculation. (Appendix A)
c. SINDA - temperature and heat leak prediction.

d. PMSP - LTPS performance and mission analysis.

Geometric models of the principal structural elements of the LTPS were developed from
the LTPS design concepts established at the beginning of the design process. These
conceptual designs consisted of a general layout, or arrangement, of principal LTPS
subsystems and preliminary estimates of tank size. Thermal radiation properties of the
LTPS surfaces were established from published data for the initially selected materials
and coatings. Highly simplified geometrical models of the Orbiter cargo bay and LMSS
payload were also developed and radiative properties defined for their surfaces. The
geometrical models and surface property information were the orincipal input data for the
OPERA and RADSIM computer programs.

OPERA was used to predict the thermal radiation flux on external LTPS surfaces during
orbit transfer and prior to separation from the Orbiter. Radiation interchange factors
between the LTPS surfaces and between radiatively interacting surfaces of the payload,
Orbiter and LTPS were calculated with the RADSIM program.

Simple thermal models of each LTPS design concept were developed. These models
defined the principal radiative, conductive and convective heat flow paths between major
LTPS/LMSS/Orbiter elements. They also characterized the thermal storage capacity of
the principal LTPS subsystem masses including propellants, tanks, insulation, structure,
engines and avionics. The thermal models, along with thermal radiation environment
predictions supplied by OPERA and radiation interchange information provided by
RADSIM, were input to the SINDA program. SINDA was used to predict heat leaks into
the LHy and LO, propellants from the beginning of the mission, at ground hold, to the end
of mission follow